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NECIONAL AERONAUTICS AND SPACE ADMINISTRAlCION 

TECHNICAL MEMORANDUM X-623 

PRESSURE DISTRIBUTIONS ON 

ANGLES OF ATTACK UP TO go0* 

By James N. MUeller 

A wind-tunnel investigation was  made a t  a Mach number of 2.91 t o  
evaluate the pressure-distribution characteristics on a family of 

4 w blunt-Leading-edge, slab-type, delta wings a t  angles of attack up to  1 .; : go0. Two types of leading-edge bluntness were employed: square and 

Y, 
round. For each type of bluntness there were f ive  wing models of 50°, 
600, 700, 75O, and 80° leading-edge sweq. 

1 
3 

The results of the investigation indicated that,  i n  the angle-of- 
attack range from 45' t o  go0, the effect of leading-edge shape on wing 
pressures wag confined primarily t o  the leading-edge surfaces. The 
windward pressures were essentially constant over the slab surface fo r  
angles of attack less  than 45'; a t  greater angles of attack the strong, 
curved, bow shocks created by the wings produced significant negative 
pressure gradients i n  the streamwise direction. A t  angles of attack 
greater than about 35', a simple expression related t o  sweep theory 
and Newtonian theory i s  shown t o  predict qualitatively the wing pres- 
sures normal t o  the leading edge. A compilation of asymptotic center- 
l i ne  slab-surface pressures, normalized by the stagnation pressure 
behind a normal shock, fo r  angles of attack from 0' to  go0 and Mach 
numbers from 2.91to  about 22 shows that  oblique-shock theory a t  a Mach 
number of a, predicts the pressures up to  angles of attack of about 
40'. The experimental hypersonic maximum center-line pressures are  
generally bracketed by a hypersonic series approximation corresponding 
t o  moderate sweep and a modified Newtonian prediction corresponding t o  
90° sweep. Pressures on the leeward wing surfaces are essentially con- 
stant a t  angles of attack greater than 20° and are easily predicted. 

Unclassified. 
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INTRODUCTION 

Knowledge of the pressure distributions on winged configurations 
a t  high angles of attack (up to  90' and beyond) i s  currently of consid- 
erable practical interest.  For example, orbi ta l  manned vehicles 
entering planetary atmospheres may make use of high angle-of-attack 
capability to  vary the i r  l i f t  and drag and t o  provide maneuverability 
during reentry (refs.  1 t o  5). 

Pressure distributions have been measured a t  high angles of attack 
(up to  90') on basic bodies such as cylinders and cones (for  example, 
refs. 6 and 7); fo r  other shapes, however, l i t t l e  data exist  above 
angles of attack from 40' to  50'. Recently, however, the general 
evolvement of the basic delta planform, or modifications thereto, as a 
primary shape for  consideration i n  the design of vehicles with high 
lift-drag rat ios has given impetus to  the determination of aerodynamic 
forces and moments and pressure distributions over these shapes a t  
supersonic and hypersonic Mach numbers over the angle-of-attack range 
from 0' to  go0. Recent experimental results  obtained on delta-wing 
configurations a t  supersonic and hypersonic speeds are presented i n  
references 3 and 4 and 8 to  11. 

The purpose of the present investigation was to  obtain pressure 
distributions on blunt delta wings through an angle-of-attack range 
from 45' to  90' (limited data were also obtained a t  angles of attack 
from 0' to  45' on one model) i n  order t o  further the knowledge of 
experimental high angle-of-attack aerodynamic effects a t  supersonic 
speeds and to  a id  i n  the formulation and development of applicable 
high angle-of-attack theories. The investigation was made a t  a Mach 
number of 2.91 and a test-section unit Reynolds number of about 
0.400 x 106 per inch. 

This report includes an appendix by Eugene S. hve,  of the Langley 
Research Center, which presents the derivation of a five-term approxima- 
t ion of the pressure coefficient on a f l a t  plate fo r  angles of attack 
from o0 t o  go0. 

A,B,C, . . . coefficients i n  series (see appendix) 

P - P, 
pressure coefficient, 
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surface distance measured from wing apex along leading edge 
i n  chord plane (f ig .  l ( a ) )  

Mach number 

exponent i n  ser ies  (n = 2) 

pressure 

Reynolds number 

wing leading- edge radius 

surface distance measured normal t o  leading edge and refer- 
enced from intersect ion of leading edge and chord plane 
(fig. l ( a ) )  

modified surface distance measured normal t o  leading edge 
(see sketch 1)  

wing thickness 

angle of attack, deg 

sweep angle, deg 

Subscripts: 

min minirmrm 

effect ive 

stagnation conditions behind normal shock 

based on wing thickness 
w I 

property a t  angle of a t tack 
d I 

free-stream conditions 



APPARATUS AND MOCEE 

Wind Tunnel 

Tbe investigation was conducted i n  the Langley 9-inch supersonic 
e l  (now deactivated). This tunnel i s  a continuous operation, 
ed-return type of tunnel with provisions f o r  the  control of the 
dridy, temperature, and pressure of the  enclosed a i r .  The t e s t  Mach 

nmber i s  achieved with fixed nozzle blocks forming a t e s t  section 
approximately 9 inches square. Eleven fine-mesh screens i n  the rela- 
t ive ly  large se t t l i ng  chamber ahead of the nozzle a i d  i n  keeping the 
-tu;n;bulence i n  the tunnel t e s t  section a t  a low level. During the  t e s t s  
the w a n t i t y  of water vapor i n  the tunnel a i r  was kept suff ic ient ly  low 
so that the effects  of water condensation i n  the supersonic nozzle were 
negligible, 

Models 

The geometric character is t ics  and dimensional de ta i l s  of the wing 
models tes ted i n  the investigation are  presented i n  figure 1. The slab 
wings bad del ta  planforms and the nose and wing t i p s  were rounded. Two 
basic ser ies  of models were constructed, along with several special- 
p-ose models. One basic ser ies  had square leading edges, and the 
other basic ser ies  of models had round leading edges. The apexes 
of the round-leading-edge models were tangent spheres with the same 
&meters  as  the cylinders forming the leading edges. I n  each of the 
basic ser ies  there were f ive  models of different  leading-edge sweep 
(A = 8o0, 75O, To0, 60°, and 50') . The basic square-leading-edge 
models were designated LA, 2A, 3A, &A, and 5A, and the basic round- 
leading-edge models were designated IB, 2B, 3B7 &B, and 5B, with the 
nmer ica l  designations corresponding, respectively, t o  sweep angles of 
80°, 7505 'j'o0:, 60°, and 50'. The basic models a re  shown i n  figures l ( a )  
and. l ( b )  and a t  the top of f igure l ( c ) .  The special-purpose models, 
designated 2AA, 2BB, 2 @ , 3 8, and 33B a re  shown a t  the  bottom of 
figure b(c) and i n  f igure l ( d ) .  Models 2AA. and 2BB ( f ig .  l ( c ) ,  bottom) 
were georeetrically similar i n  planform and leading-edge shapes t o  the 
basic models 2A and 2B, respectively, except tha t  they had absolute 
dhLcknesses of only one-half those of the basic modals. Models 2 @  
and 3@ ( f ig .  l ( d ) ,  top) were constructed t o  represent the enlarged 
nose sections of models 2B and 3B, respectively. The dashed l ines  i n  
the planform views of models 2B and 313, figures l ( a )  and l ( b ) ,  respec- 
tive*, indicate the  portions of the nose of the basic models repre- 
sented by -the enlarged-nose-section models (models 2 @I and 3 @ , - 
f ig .  $ ( d ) ) ,  

- 



Model 33B ( f ig .  l ( d )  , bottom) w a s  specif ical ly  constructed t o  be 
tes ted a t  a = o0 t o  45O, only. Differences between t h i s  model and 
model 3B were i n  the arrangement f o r  the s t ing support, the exiting 
of the pressure tubes from the model, and the absolute size. 

The pressure-orifice s ta t ions on the various models are shown i n  
figure 1, and the location of the individual or i f ices  on the models are 
given i n  tab le  I. All  models were instrumented with 0.030-inch-diameter: 
or i f  ices  . 

The models were linked t o  the  tunnel angle-of-attack sector by mews 
of a wing support s t ru t  which was attached t o  the leeward sides of %he 
models, as  shown i n  figure 2. Mirrors approximately 1/16 inch i n  diameter 
were f lush mounted i n  the base of the s t ru t  ( f ig .  2(b)) and formed a par% 
of the  opt ical  angle-of-attack system.  h he specific model shown i n  
f ig .  2, though typical  of those i n  the program, was not included i n  
the t e s t s . )  

TESTS 

All t e s t s  reported herein were conducted at a free-stream Mach nun- 
ber  of 2.91 and a t  an average test-section unit  Reynolds number of 
0.400 x 106 per inch. 

The pressure coefficients as  obtained on the models are given i n  
table  I. A l l  pressure data were manually read from a multiple-tube 
mercury manometer. 

The wing support s t ru t  s of 114-inch-diameter cold-rolled s%eel 
connected the models t o  the  angle-of-attack sector of the wind tunnel. 
As the absolute range of the sector was only 25O, two bent wing s t ru t s  
were used i n  combination with the angle-of-attack sector t o  oSstaaPr? %he 
principal t e s t  angle-of-attack range from 45' t o  90'. Model 3313, tested 
a t  a = 00 t o  45O, used one s t ing which was s t raight  and subsequently was 
bent t o  obtain the t e s t  angles of attack. 

PRECISION OF DATA 

Tunnel calibration surveys have indicated tha t  the test-section 
Mach number i n  the region occupied by the models was 2.91 rt O , O l ,  

The i n i t i a l  referencing of the angle of a t tack of each model w i t h  
respect t o  stream direction was performed t o  an accuracy of about 3x3 .0t;7°. 
Relative angle-of-attack set t ings during a given t e s t  were "0.  O l O .  Indi- 
vidual pressure coefficients were usually accurate t o  l e s s  %ban k0.01, 



RESULTS AND DISCUSSION 

Basic Presentation 

General.- The pressures measured on the models used i n  the inves- 
t igat ion have been reduced t o  standard pressure-coefficient form and are 
given i n  table  I. The pressure-distribution resul t s  shown i n  the  f i g -  
ures are generally presented i n  terms of the pressure-ratio parameter 
ppmax where p i s  defined as follows: 

For t e s t s  a t  & = 2.91, 

The schlieren photographs of the t e s t  models are  presented i n  fig- 
ure 3. The data of figure 4 show tha t  the technique of constructing an 
oversize nose section of a model t o  represent a part icular  part  of a 
smaller model i s  valid. The va l id i ty  i s  proved by the excellent com- 
parison of pressures measured a t  the same nondimensional stations on 
both models. 

Fundamental character is t ics  of pressure distributions (a = O0 
7-r. 

t o  gou).- The data obtained i n  the angle-of-attack range from O0 t o  350 
on model 33B (A = 70°) are  shown i n  figure 5. This round-leadinn-edge - - 
configuration w a s  the only configuration tested a t  angles of attack 
l e s s  than 450. 

A fundamenta characteristic of the pressure distributions i n  t h i s  
angle-of-attack range (neglecting the  pressures on the nose cap a t  
s tat ion 2 / t  = 0) i s  tha t  the pressures are constant over both the wind- 
ward and leeward wing surfaces a t  a given angle of attack. The pres- 
sures become constant on the windward side of the wing a t  about the 
windward shoulder location (s/t = 0.785) a t  all l/t stat ions shown and 
remain constant with f'urther increase i n  s/t. The level  of t h i s  pres- 
sure i n  terms of p/pmax varies with angle of attack as  would be expecte 

The schlieren photographs of figure 3( f )  include a side view of model 3B 
(similar t o  model 3 3 ~ )  at a = 45O which shows tha t  the bow shock wave 
i s  essent ial ly  s t raight .  Therefore, the constant pressure over the 
windward surface i s  a s  might be expected f o r  the  angles of attack shown 
i n  figure 5, which are equal t o  or  l e s s  than 35@ 



The leeward wing pressures generally at < -0.785) decrease with 
t 

increase i n  angle of attack u n t i i  a = 20° i s  reached j thereaf ter ,  the 
pressures show negligible variation with fur ther  increase i n  angle of 
attack. This constant pressure leve l  i s  consistent w i t h  the r e su l t s  
reported i n  reference 12, which show tha t  the pressures on the upper 
surfaces of wings at high angles of attack approach a l imiting value 

defined agproximately by = - h. The value of p/pma equiv- 

a lent  t o  $,,in = - - 
k2 

at & = 2.91 i s  0 -0289. The measured leeward 
%2 

wing surface pressures shown i n  figure 5 shuw good agreement with t h i s  
value. 

The pressures shown i n  figure 6 were obtained from three geometri- 
ca l ly  similar round-leading-edge wings each with a sweep angle of 7 5 O .  
The nondimensionalized pressures p/p,, along different  wing contours 
f o r  a constant s/t location a re  shown. The small sketches show the 
location of the wing contour re la t ive  t o  the wing leading edge. The 
values of 2 / t  from 0 t o  0.655 are on the nose cap. Figure 6 i l l u s t r a t e s  
tha t  i n  the  angle-of-attack range from 4 5 O  t o  90° there a re  large negative 
pressure gradients on the windward wing surfaces, as contrasted with the 
angle-of-attack range from O0 t o  35O. The schlieren photographs of f ig-  
ure 3 at angles of a t tack between 45' and 90° shuw that a strong curved 
bow shock i s  produced and consequently strong entropy and pressure gra- 
dients  must ex is t  i n  the  flow. For the wing contour shown far thes t  
inboard ( s / t  = 1.13), the pressure gradients approach small values * = -0.00 J f o r  the lowest and highest angles of attack shown 
d(l1-t) 

( a  = 45O and go0). The higher angle-of-attack data ( a  = go0) are  con- 
s i s ten t  with r e su l t  s shown i n  references 8 and 11 wherein a method 
based on thre-dimensional cross flow i s  developed t o  t r e a t  theoret ical ly  
the case fo r  a = 90° where it i s  shown tha t  at hypersonic speeds the 
isobars on a de l t a  wing of 70° sweep at a = 90° are essent ial ly  par- - - 
a l l e l  t o  the wing edges, t h a t  is, independent of 2 / t .  

The steep pressure gradients on the  windward wing surfaces fo r  
l/t < 1 are  i n  the  immediate nose region of the  wings and are  most 
evident at a g 600. 

Figure 7 presents pressure dis t r ibut ions normal t o  the  leading edge 
obtained on typical  round-leading-edge models of this investigation 
through the angle-of-attack range from O0 t o  go0. The data shown i n  
t h i s  figure were obtained from models 3B and 3%. It i s  seen t h a t  the 
pressure dis t r ibut ions f o r  the two stat ions a t  l/t = 1.90 and 4.56 
(f igs .  7(a) and 7(b)) a re  qual i ta t ively similar at all angles of attack; 
however, f o r  angles of a t tack greater than 45O a s l ight ly  different  



l e v e l  of pressure i s  discernible f o r  the two s ta t ions .  (This e f f e c t  
was previously seen i n  f i g .  6. ) 

Pressure d i s t r ibu t ions  on nose cap.- Figure 8 shows the var ia t ion  
of pressures around the  nose cap of two typ i ca l  round-leading-edge wings 
Lhraugh the angle-of -a t tack range from 45O t o  90'. The models used t o  
obtain these data  (models 2 @ and 3 @ ) represent the enlarged nose 
regions of the  basic models 2B and 3B. Four pressure-measuring s t a t i ons  
a t  d i f fe ren t  2 / t  values a re  shown i n  the f igure .  Three of the  s ta -  
t i c n s  were on the nose cap, including one a t  the model plane of symmetry 
( ~ / t  = 0) and one a t  the point  of tangency of the  nose cap and the  wing 
leading edge ( 2 / t  = 0.61 o r  0.66). The s ta t ions  a t  2 / t  = 1.90 and 
2 / t  = 2.11 were normal t o  the  wing leading edge, but downstream of the  
wing.-nose-- leading-edge juncture. Figure 8 shows t h a t  the s ta t ions  on 
the nose cap and the s ta t ions  which a re  normal t o  the  wing leading edge 
have pressure d i s t r ibu t ions  which are  di f ferent  at a 6 60°. The nose- 
cap pressure d i s t r ibu t ions  are  characterized by a peaking of the  pres- 
sures, s imilar  t o  t h a t  observed on curved, blunt shapes. (see, f o r  
exmple, re f s .  13 and 14 . )  The pressures on the  nose cap and those nor- 
mal -co the wing leading edge show much l e s s  var ia t ion  with 2 / t  above 
cr, = 60' than below a = 60'. It i s  a l so  apparent t h a t  the character- 
i s t i e  pressure d i s t r ibu t ions  around the  nose cap of the  wings lose t h e i r  
i den t i t y  above an angle of a t t ack  of 600 and assume d i s t r ibu t ions  typi-  
c a l  of those normal t o  the  leading edge. 

Pressures on basic  models.- The pressure d i s t r ibu t ions  obtained 
aver the  basic A- and B-series models of t h i s  invest igat ion are  presented 
i n  f igures  and 10, respectively.  The pressures are  shown i n  the  form 
of p/p,, p lo t ted  against  o r i f i c e  location s / t  f o r  three  pressure- 
measuring s ta t ions  ( 2 / t  values) normal t o  the wing leading edges. 
Included i n  these f igures  are  the  schlieren photographs of the  wings 
taken during the ac tua l  pressure-distr ibution t e s t .  In  f igure  9, which 
shows pressure d i s t r ibu t ions  over the  square-leading-edge models (basic 
A-series) , the pressure d i s t r ibu t ions  have discont inui t ies  a t  the  corners 

of the f ron t  face, as  might be expected (-0.5 5 a 6 0.5). The gradients 

i n  the pressure d i s t r ibu t ions  over the f ron t  face are  associated with an 
overexpansion of the  flow around the  lower-surface sharp corner of the 
wing leading edge, followed by a flow recompression on the  leading-edge 
face, and thence an expansion around the  upper-surface corner of the 
leading edge t o  a constant pressure on the leeward s ide  of the  wings. 
These pressure var ia t ions  on the  f l a t  face a re  most evident on the  models 
of l e a s t  leading-edge sweep a t  angles of a t t ack  of 4 5 O  t o  60° where the 
l oca l  Mach. number i s  highest  ( f i g s .  g (e )  t o  9 ( e ) ) .  The pressure d i s -  
xributions a t  the three  d i f f e r en t  2 / t  s t a t i ons  appear e s sen t i a l l y  
independent of 2 / t  location a t  t he  lowest and highest  angles of a t t ack  
shorn (450 and go0). This e f f e c t  can a l so  be observed i n  f igure  11 which 



shows supplementary pressure d i s t r i bu t i ons  obtained on geometrically 
s i m i l a r ,  but  thinner,  models of t h e  2 A  and 2B configurations f o r  extended 
2 / t  values. I n  t he  intermediate angle-of -at tack range t he  pressures 
exhibi t  a decrease wi th  an increase i n  l/t along t he  wing l e a i n @ ;  edge 
caused by pressure bleed-off e f f e c t s  within t he  shock envelope, 

Pressure d i s t r ibu t ions  on t h e  bas ic  B-series (round-leading-edge) 
models ( f i g .  10)  a r e  smooth and without i r r e g u l a r i t i e s  at a11 angles o f  
a t tack  i n  contras t  t o  those obtained on t he  square-leading-edge wings. 
The e f f e c t  of changing t he  locat ion of t h e  pressure-measuring s t a t i ons  
(d i f fe ren t  values of 2 / t  ) i s  g rea te r  f o r  t he  pressure d i s t r ibu t ions  
a t  intermediate angles of a t t ack  between 450 and 900. 

Effect  of Leading-Edge Shape 

Figure 1 2  i s  presented t o  show a d i r ec t  comparison of t he  pressure 
d i s t r ibu t ions  over t he  A- and B-series wings ( t h a t  is,  square and round 
leading edges) at  se lected angles of a t t ack  and a t  several  11% s ta t ions  
on t he  wings. The purpose of t e s t i n g  and evaluating the  pressure d i s t r ibu-  
t i ons  over t he  square-leading-edge wings was primarily t o  assess  Leading- 
edge-shape e f f ec t s  on wing pressures but not with the  view t h a t  these 
ty-pes of wings would be used i n  p r a c t i c a l  applications.  The Reynolds 

number based on leading-edge thickness i s  about L,t = 1.5 X lo5 f o r  
these  wings. 

Signif icant  d i f ferences  i n  t h e  pressure d i s t r i bu t i ons  over the  
square- and round-leading-edge wings (A- and B- s e r i e s  models, respec- 
t i v e l y )  appear i n  t he  immediate leading-edge regions of the  wings, t h a t  

is,  i n  t he  regions defined by -0.5 5 < 0.5 and -0.785 < < 0.785 
f o r  t he  square- and round-leading-edge wings, respectively.  But f a r t he r  
inboard there  i s  l i t t l e  difference between pressure d i s t r ibu t ions  f o r  the 
wings. These observations appear va l i d  over t h e  angle-of-attack range 
from 450 t o  900, 2 /t range, and sweep-angle range of t h i s  invest igat ion,  

Effect  of Angle of Attack 

Figures 13 and 14  present t h e  pressure d i s t r i bu t i ons  over the  square- 
and round-leading-edge wings (bas ic  A- and B-series models), respec"u-kvel.y, 
and show the  e f f e c t s  of angle of a t t ack  on t he  wing pressures f o r  several  
2 / t  values. The general e f f e c t s  of angle of a t t ack  on pressures over 
both t he  A-series and B-series models, a s  shown i n  t he  f igures ,  a r e  a s  
would be expected; however, some per t inent  d e t a i l s  concerning t h e  pres- 
sure d i s t r ibu t ions  should be pointed out .  It i s  noted t h a t  for %he 
basic A-series models ( f i g .  13) t h e  angle-of-attack e f f e c t s  ( increase 
i n  windward pressure wi th  increase i n  angle of a t t ack)  a r e  most evident 



i n  the  angle-of -attack range from 45O t o  70° and f o r  a l l  sweep angles. 
Any further  increase i n  angle of attack re su l t s  i n  only a small per- 
centage increase i n  the wing pressures (generally l e s s  than 10 percent 
at a = ~ 0 )  over those at a = 700. This observation i s  t rue  a t  a l l  
sweep angles. It i s  also seen that the overall  increase in  wing pres- 
sures over the angle-of-attack range i s  greatest  fo r  the wing with the  
la rges t  sweep angle, and l eas t  f o r  the wing of lowe st sweep angle. 
( ~ f .  f igs .  13(a) and 13(e). ) The difference i s  at t r ibutable t o  the 
lower pressure on the wing of la rges t  sweep at a = 4 5 O  and essent ial ly  
the  same pressures on a l l  the  wings a t  a = 900. The leading-edge sur- 
faces of the wings experience angle-of-attack effects  when the sweep 
angles are  about 700 o r  less;  hawever, these effects  are  seen t o  be 
opposite i n  nature t o  those experienced on the windward surfaces. (see 
f igs .  13(c) and 13(e) .) These counter e f fec ts  can be ascribed, in tu i -  
t ively,  t o  the geometry of the wing leading edge (or face of the wing) 
and i t s  angle of exposure t o  the  loca l  flow direction. For example, a t  
a = 900 the  flow would be expected t o  be generally para l le l  t o  the 
leading-edge face of the'wing (angle of exposure about zero), and con- 
sequently the face pressures would be essent ial ly  negligible. Figures 13 
and 14 show that, with an increase i n  2 / t ,  the increase in  windward sur- 
face pressures with increase i n  angle of attack appears t o  tend toward a 
more l inear  variation. . - - i . : , I .  ., - #  8 

Effect of Wing Sweep 

The ef fec ts  of leading-edge sweep angle on the pressure dis tr ibu-  
t ions  over the round-leading-edge (o r  ser ies  B) models are  shown i n  f i g -  
ure 15  f o r  a range of angles of at tack.  Although a s m a l l  spread of 2 / t  
values i s  included i n  the data, l/t does not significantly affect  the 
comparisons shown, and the conclusions drawn from these data are  believed 
t o  be general. The major e f fec t  of .leading-edge sweep angle, tha t  is, 
decrease of pressures on the wing windward slab surface with increase. in 
sweep angle, i s  usually confined t o  angles of attack from 4 5 O  t o  l e s s  
than 600. A t  angles of at tack of 6G0 and greater the ef fec ts  of sweep 
become small. The effects  of sweep are negligible on the leeward sur- 
face pressures of the wings ( tha t  is, for  s/t < 0). Also it i s  seen 
tha t  the ef fec ts  of sweep are sia&ktr for  the three ranges of 2 / t  loca- 

' t ions shown i n  figure 15. 
~ k , , , r l ~  I ! '  . . 1 J 4 - ,  1 -  .L ;13 - i .  ,., j H  - - - .. ,r - i. 
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Predict ion of Wing Pressures 
I I-' " Chordwise center-line pressure:?. - Figure 16 presents a compilation : a f  the asymptotic value of the experimental pressures obtained on the 

windward chordwise center l ine  of -de l ta  wings of various sweep angles 
i n  the Mach number range from 2.91 t;o 22 (present data, refs .  6, 8, 9,  
ll, and 15, and unpublished data from the Langley 11-inch hypersonic 
tunnel). The pressure-coefficient r a t i o  shown a6  the  ordinate s c a e  of 



figure 16 represents the  measured pressure coefTicient on the wing at the 
angle of attack normalized by the  stagnation pressure coefficient behind 
a normal shock. (~nd iv idua l  data points a re  normalized by the  value of 

c ~ , =  applicable t o  the specific t e s t  Mach number of the data.) Shown 

a lso  are various theoret ical  curves (A t o  D) which are compared with the  
experimental. data. 

A five-term hypersonic approximation of the  pressure coefficient 
on a f l a t  p la te  f o r  angles of attack from 0' t o  go0 is derived i n  the  
appendix. The resul t s  of t h i s  work are shown as curve A i n  f igure 16. 
( ~ s ~ e c i a l l y  note tha t  curve A extends throughout the  range a = 0' t o  90° 
and tha t  it is coincident with the  oblique-shock theory I&, = eo (curve B) 
a t  a 400.) Curve A on the  basis of i t s  derivation should represent 
the  pressures on a moderately swept f l a t  plate  fo r  hypersonic Ikch num- 
bers. Curve C (sinza), o r  the  familiar modified Newtonian theory, defines 
a lower l i m i t  f o r  the  pressure data and represents the  case f o r  an i n f i -  
n i t e  cylinder which can be considered as a de l ta  wing with A = 90'. 
Experimental confirmation of t h i s  theory has been obtained many times; 
f o r  comparison i n  t h i s  figure the  experimental work of reference 6 f o r  
the  pressures on the  windward meridian of a semi-infinite cylinder i s  
shown. Excellent agreement between the  sin2a curve and the  experi- 
mental data i s  evident. It is seen tha t  the  trend of the  data f o r  
increasing sweep angle ( a t  a constant angle of at tack)  follows the  trends 
established by the  two theoret ical  cases of moderate sweep (curve A) 
and A = 90' (curve C )  . The exact oblique-shock theory f o r  I&, = m 
( ref .  16), curve 8, gives good prediction of the  wing pressures up t o  
a 40°, a t  a l l  the  t e s t  Mach numbers shown; t h i s  prediction agrees 
with the  experimental resul t s  of the  present investigation be t t e r  than 
oblique-shock theory f o r  M = 2.91 ( ref .  16), curve D. Curves A and C 
generally bracket the  experimental pressures i n  the angle-of-attack 
range from O0 t o  90°. 

Pressures normal t o  leading edge.- Figure 17 shows pressure d i s t r i -  
butions normal t o  the wing leading edges of the basic round-leading-edge 
models at  angles of attack and the r e su l t s  of a method which attempts t o  
predict these pressures. The ordinate scale i s  defined as  

where 

c~ measured wing pressure coefficient 



Gp stagnation pressure coefficient behind normnl shock 

Cp,min = - 
s2 

Et s h o r n  be pointed out tha t  the maximum l i m i t  (which i s  1) of the pres- 
sure pacrmeter 5 corresponds t o  a measured wing pressure coefficient 
m i c h  i s  equal t o  the  stagnation pressure coefficient behind a normal 
shack. The minimum l imi t  (which i s  0) of 5 corresponds, on the other 
hand, t o  a measured wing pressure coefficient of -1/l~&~. The explanation 
of t h e  abscissa s f  /r, used i n  figure 17, i s  as follows: I n  reference 17 
an analysis re la t ing  t o  the equivalent two-dimensional flow on an in f in i t e  
smptback wing a t  a i s  presented. The primary in teres t  i n  t h i s  a n d y s i s  
concerns %lie direction of the flow defined by the angle % i n  part  (c )  
of f i w e  18.6 of reference 17 and shown i n  sketch 1 re la t ive  t o  the blunt 
leading edge of the round-leading-edge de l ta  wings of this investigation 
as  follows: 

f 
S View i n  plane normal t o  leading edge of 

.;." round-leading-edge de l ta  wing 

$ 
9'' 

.4 
Sketch 1 

1 

A s  i l l u s t r a t ed  i n  sketch 1, the origin of s' i s  defined as 90° away 
Prom the indicated flow direction and toward the leeward side of the  
wing. Thus, a t  s '  = 0 ( the tangency point of the flow direction and 
wing surface) the pressure coefficient would be zero f o r  Newtonian flow. 
The flow direction angle i s  given by (ref. 17) 

tan a ae = arc  tan - 
cos A 



Therefore, the origin 02' s '  i s  a function of a and A, and these 
wing variables a re  considered i n  the  following wing pressure prediction 
method. 

The formulation of the expressions A sin2 $ and C sin2 ?$ 
(shown i n  f i g .  17) i s  an outgrowth of the preceding discussion t o  
define s t ,  and the f a c t  t h a t  the A and C curves of figure 16 represeni; 
(an approximation t o  the upper and lower l i m i t ,  respectively, of the pres- 
sures obtained on the windward slab surface of moderately t o  highly 
swept de l t a  wings. (see f i g .  16 and attendant discussion. ) The con- 
s tan ts  A and C represent the  values of 5 as obtained from curves A 

and C f o r  specif ic  angles of attack. The parameter sin2 i s  com- r 
monly used when plot t ing pressures on cylindrical and spherical noses 
of bodies i n  supersonic and/or hypersonic flow where the  pressures fol- 
low, i n  general, a sine-square-law type of variation. (see refs .  14 

and 18.) When St = 1.57 radians maximum pressure i s  supposedly real-  
r 

ized on the wings, and the  expressions reduce t o  the  values o f  fj i n d i -  

cated by the constants A and C.  (sin2 .%!. = 1 a t  = 1.5'7 radians. r r 

The application of the expressions obtained from the concepts o f  
sweepback theory and hypersonic considerations are shown i n  figure 17  
f o r  a range of sweep angles and angles of attack. The experimental data 
shown i n  figure 17 were obtained i n  the present investigation (& = 2.91)* 
The expressions predict  the trends of the pressure variations very well 
:wd generally predict  the wing pressures i n  the forward regions of the 
wings best ,  t ha t  is,  fo r  small l/t values a s  would be expected. A t  
downstream stat ions (increasing ~ / t  values) the actual pressures deviate 
i n  varying extent from the predicted pressures. Further theoret ical  m d  
experimental. analyses are needed t o  define the mechanism of the pressure 
l o s s  with increase i n  z / t  values i n  order t o  permit more accurate pre- 
dictions of the  wing pressures. It i s  believed, however, t ha t  because 
of t h e i r  simplicity the present expressions w i l l  prove extremely useful. 
f o r  obtaining approximate values of the pressures. 

CONCLUSIONS 

An investigation was made a t  a Mach number of 2.91 t o  deternine the 
pressure-distribution character is t ics  over a family of square- and round- 
leading-edge de l ta  wings a t  angles of a t tack up t o  90' and sweep angles 
from w0 t o  80'. The r e su l t s  of the investigation indicate the following 
conclusions : 



1. I n  the  range of angles of at tack from 45' t o  90' the  ef fec t  of 
leading-edge shape on the pressure dis tr ibut ions over the  wing models i s  
confined primarily t o  the  leading-edge surfaces. 

2. The major effect  of leading-edge sweep, tha t  is, decrease of pres- 
sures over the  wings, i s  generally confined t o  angles of attack of l e s s  
t b  600. 

3 .  The windward pressures on the slab surfaces of the  wings are 
essent ial ly  constant f o r  angles of at tack l e s s  than 45O; at greater 
angles of attack, the  strong, curved bow shocks created by the wings 
produce significant negative pressure gradients over the  wing surface. 

4. Pressures on the  leeward wing surfaces are invariant with angle 
of attack above 200 and are essent ia l ly  equal t o  the value given by the 

empirical base pressure coefficient, % = - 1 where Cp i s  the pres- 
c2, 

sure coefficient and i s  free-stream Mach nmber. 

5. Compilation of center-line slab- surf ace pressures , normalized 
by the stagnation pressure behind a normal shock, f o r  angles of attack 
from 0' t o  go0 and at Mach numbers from 2.91 t o  22 shows tha t  oblique- 
shock theory at a Mach nuzriber of m predicts  pressures up t o  about 
an angle of at tack of 40'. I n  the  angle-of-attack range from 0' t o  
go0, the  experimental hypersonic maximum center-line pressure s a re  
generally bracketed by a hypersonic ser ies  approximation corresponding 
t o  moderate sweep and a modified Newtonian prediction corresponding t o  
go0 sweep. 

6. An expression related t o  sweep theory and the  impact theory i s  
shown t o  give a fair prediction of the wing pressures in planes normal 
t o  the  leading edge f o r  awide  range of angles of at tack and sweep angles. 

7. Characteristic pressure dis tr ibut ions around the  nose cap of the 
wings lose t h e i r  ident i ty  above an angle of attack of 600 and assume dis- 
t r ibut ions typical  of those normal t o  the  leading edge. 

Langley Research Center, 
National Aeronautics and Space Admini s t rat ion,  

Langley Air Force Base, Va., October 24, 1961. 



APPENDIX 

HYPERSOI%tC APPROXIMATION OF THE PRESSURE COEFFICIENT ON 

A FIAT PLAllE FOR A N G U S  OF ATTACK FROM o0 TO go0 

By Eugene S. Love 

The adequacy of various hypersonic approximations and modification 
of Newtonian theory i n  the  prediction of the  pressure coefficient C p  - 

on a f lat  p la te  f o r  O0 1 6 5 go0 has been examined by several authors 
( e. g . , r e f s  . 19, 6, 18, and 20). I n  particular,  the  case considered 
here i s  the  p la te  t h a t  remains essent ial ly  two dimensional through 
nearly all of the  attached shock regime, but because of edge losses and 
ef fec ts  associated with f i n i t e  aspect rat io ,  departs s ignif icant ly from 
two-dimensionality as  the  detachment angle is closely approached. ( ~ o t e :  
I f  two-dimensionality can be maintained up t o  detachment angle, t he  pres- 
sure coefficient should r i s e  immediately t o  the  normal shock value when 
the  angle f o r  shock detachment i s  exceeded.) For t h i s  case no method 
exis t s  at present tha t  i s  sat isfactory over the en t i r e  range of 6 
except f o r  a value of the  r a t i o  of specif ic  heats 7 of unity. I n  the  
attached shock regime the  approximation 

i s  known t o  give good resul t s  except f o r  values of 6 near shock detach- 
ment and f o r  not too weak shocks (refs .  19 and 20). Similarly, fo r  the 
normal shock regime the  approximation, 

i s  known t o  give good resul t s  within cer tain res t r ic t ions  on i t s  appli- 
cation. Both of these expressions (eqs. ( A l )  and (~2)) reduce t o  the 
exact solution f o r  M, = w when y = 1, and they resolve in to  the single 
continuous solution tha t  i s  desired only when 7 = 1. 

In an attempt t o  derive a sat isfactory continuous solution f o r  

1 5 7 5 5 a ser ies  expression has been assumed fo r  Cp. The ser ies  
3 

chosen here i s  



Consider the f i r s t  term only. By analogy t o  exact theory, the 
value of n i s  taken as 2; thus, the exponents of the terms of the 
ser ies  are known. It i s  also recognized tha t  the coefficient A i s  
malogous t o  the coefficients i n  the various forms of modified Newtonian 
theory. as exemplified i n  equations ( ~ 1 )  and (A2) and the values of A 
given i n  the following table  (the be t te r  known designations of the modi- 
f ied f oms are underlined) : 

S i q l e  Newtonian, exact shock f o r  
M , = w ,  7 = 1  

I ~ l a t - @ a t e  modified o r  oblique shock I 
r J - 3  

1.833 Blunt-nose modified o r  normal shock 
?'+I. 

Cone modified 

Since the  case under consideration here assumes two-dimensionality 
aver nearly a l l  of t he  attached shock regime, the  f i r s t  condition imposed 
i s  thaL A =: y + 1. The values of the  coefficients f o r  the  other terms 
are  dependent on the  approach taken and the  number of terms retained i n  
Ithe ser ies .  The first attempt was made with a three-term ser ies  with 
the additional conditions tha t  Cp,max occurs a t  6 = 90°, and, a t  

dC 
7 + 3 and .3? = 0. The resul t ing three-term approxima- 6 = gQo, Cp = - 
7 + l  d6 

The predictions given by t h i s  equation are  compared i n  figure 18 
with exact resu l t s  a t  M = w f o r  several values of 7. In the attached 
shock regime t h i s  three-term approximation appears t o  give i t s  best  pre- 
dicLfoa f o r  y near 715 but is l e s s  sat isfactory a t  higher values of 
7 a d  beeornes notably i n  e r ro r  a t  y = 1 where it may be assessed over 
the en t i re  range. 

I n  view of these deficiencies a t  the extreme values of y, a f ive- 
-tern ~pproximation was developed. The attempt was made t o  impose the 
same conditions as i n  the three-term development plus the requirement 
of agreeing with exact theory a t  7 = 1. The resul t ing five-term approx- 
imation is 



The predictions given by t h i s  equation are also shown i n  figure 18 
and are seen t o  be i n  excellent agreement with exact oblique-shock theory 
a t  a l l  values of 7 except near shock detachment. Although not observ- 
able i n  the figure, when 7 = 5/3? equation ( ~ 5 )  gives values of Cp 

+ 

but by such a small amount near 6 = 80' tha t  are i n  excess of - 
7 4 - 1  

as t o  be unimportant (the excess i s  about one-tenth of one percent). 
Thus, f o r  a l l  p rac t ica l  purposes equation (A?) may be said t o  sa t i s fy  

the conditions s e t  for th  f o r  1 5 9' < 5. (1t may be noted tha t  f o r  
3 

7 = 715 there i s  l i t t l e  difference between the predictions given by 
eqs. ( ~ 4 )  and (A?); it may a lso  be shown tha t  f o r  7 = 7/5 the f i r s t  
three terms of eq. ( ~ 5 )  give a prediction i n  very close agreement w i t h  
t h a t  from eq. (Ah) . ) 

There a re  few experimental data with which t o  assess properly equa- 
t i o n  (A?) primarily because the  case considered here assumes a condi- 
t i o n  of two-dimensionality f o r  values of 8 over most of the attached 
shock regime. Nevertheless, the  adequacy of the  prediction may be deter- 
mined from the  f a i r  amount of experimental data tha t  have been obtained 
on de l ta  wings of varying sweep by noting t h a t  f o r  such wings the  case 
t rea ted  here corresponds t o  moderate sweep. Consequently, f o r  
M,, >> 1 the  asymptotic downstream value of Cp on the chordwise center 
l i n e  of a l l  moderately t o  highly swept de l ta  wings should f a l l  between 
an upper l imi t  as  given by equation ( ~ 5 )  and a lower l i m i t  a s  given by- 
equation ( ~ 2 ) .  The lower l i m i t  is  established by the  f ac t  t ha t  the flaw 
conditions inferred by equation ( ~ 2 )  a re  closely realized on the wind- 
ward meridian of a semi-infinite c ircular  cylinder as  it proceeds through 
angle of attack; the  experimental studies of reference 6 confirm t h i s .  
?he semi-inf i n i t e  cylinder may f o r  the  present purpose thus be regarded 
as a round-leading-edge de l ta  wing with go0 sweep. 

Figure 16 shows tha t  most of the  available hypersonic resu l t s  fo r  
moderately t o  highly swept de l ta  wings do indeed f a l l  between the limits 
given by the  normalized form of equation (A?) f o r  moderate sweep 
(curve A) and equation (A2) f o r  A = 90° (curve c).  Equation ( ~ 5 1 ,  
curve A, appears generally sui table  over the  en t i r e  range of 6 f o r  
use i n  design studies t h a t  do not involve e i ther  very low o r  very hlgb 
sweep angles. 
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Figure . . 1.- Concluded. 







( a )  Model LCL. L 61- 7713 

Figure 3.- Schlieren photographs of models. 



(b) Model 1B. E 61- 7714 

Figure 3.- Continued. 



( c )  Model 2A. 

Figure 3.- Continued. 
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( c )  Model 2A - Concluded. L 61- 7716 

Figure 3.- Continued. 



(d) Model 2B. 

Figure 3.- Continued. 
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(d) Model 2B - Concluded. 
Figure 3.- Continued. 



( e )  Model 3A. 

Figure 3.- Continued. 
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Schlieren Model 

( e )  Model 3A - Continued. 

Figure 3.- Continued. 
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( e )  Model 3A - Concluded. 

Figure 3.- Continued. 

Prof i l e 



( f )  Model 3B. 

Figure 3.- Continued. 
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(f) Model 3B - Continued. 
Figure 3.- Continued. 
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(f) Model jB - Concluded. 

Figure 3 , -  Continued. 
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(g)  Model &A. 

Figure 3.- Continued. 
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Figure 3.- Continued. 



(i) Model 5A. L 6 L -  7727 

Figure 3 . -  Continued. 



(j ) Model 5B. 

Figure 3.- Continued. 



(k) Model 2AA.. 

Figure 3.- Continued. 



( 2 )  Model 2BB. 

Figure 3. -  Continued. 



( m )  Model 2 @ . 
Figure 3.- Continued. 



(n) Model j@ . 
Figure 3.- Continued. 



( 0 )  Model 33B. 

Figure 3.- Concluded. 



(a) Models 2B and 2 @ ; 2 /t = 2.1. 

Figure 4. - Comparison of t he  pressure d i s t r ibu t ions  obtained on two 
of t he  round-leading-edge models of d i f fe ren t  s izes .  
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(b) Models 3B m d  3 @ ;  2 / t  = 1.9. 

Figure 4. - Concluded. 



Figure 5.- Pressure distributions obtained on a typical round-leading- 
edge model i n  the angle-of-attack range from o0 t o  3 5 O .  Model 33B; 
A = 70'. 



Figure 6.- Pressure dis t r ibut ions obtalned on round-leading-edge wings 
showing the general e f f ec t s  of 2 / t  location on wing pressure at 
high angles of attack. 
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( a )  Concluded. 

Figure 6 .  - Continued . 



(b) u = 510. 

Figure 6. - Continued. 





(c)  .a = 600. 

Figure 6 .  - Continued . 



( c )  Concluded. 

Figure 6.- Continued. 



(a) a = 70°. 

Figure 6. - Continued. 
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(d) Concluded. 

Figure 6. - Continued. 



(e) a = 80°. 

Figure 6. - Continued. 



(e) Concluded. 

Figure 6. - Continued. 



(f) u = 90°. 

Figure 6. - Continued. 
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( f ) Concluded. 

Figure 6. - Concluded. 



(a) ~ / t .  = 1.90. 

Figure 7.- Pressure distributions obtained over an angle-of-attack 
range from O0 to go0 on two round-leading-edge models. Models 33B 
and 3B; A = 700. 



(b) ~ / t  = 4.56. 

Figure 7.- Concluded. 



(a) Model 3 @ ;  A = 70°. 

Figure 8.- Pressure distributions obtained around the nose section o f  
two round-leading-edge models of different sweep angles, 



. (b) Model 2 @ ; A = 75O. 

Figure 8. - Concluded. 



(a) Model UJ A = %00. 

F i v e  ' 9. - Pressure d,iet;lribptlions obtained on the basic A-series models 
(square leadtag edge). 



(b) Model 2A; A = 75'. 

Figure 9.- Continued. 



(c) Model 3A; A = TO0. 

Figure 9.- Continued. 



Figure 9.- Continued. 



(e) Model 5A; A = 50°. 

Figure 9.- Concluded. 



(a) Model 1B; A = 80°. 

Figure 10,- Pressure distr ibu.t ions obtained on t he  bas ic  B-series models 
(round leading edge). 



(b) Model 2.B; A = 75'. 

Figure 10.- Continued. 



(c) Model 3B; A = 70°. 

Figure 10.- Continued. 



(a) Model 4 ~ ;  A = 600. 

Figure 10.- Continued. 



(e )  Model 5B; A = 50'. 

Figure 10.- Concluded. 



(a) Model 2AA; A = 75'. 

Figure 11.- Supplementary pressure distributions obtained on a square- 
and a round-leading-edge model designed to extend the range of 2 / t  
and s/t. 
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(b) Model 2BBj A = 75O. 

Figure ll.- Concluded. 



(a) Models 1A and 1B; A = 800. 

Figure 12.- Effect of leading-edge shape on the pressure distributions 
over the basic models f o r  various sweep angles. 



(b) Models 2A and 2B; A = 7 5 O .  

Figure 12.- Continued. 



(c) Models 3A and 3B; A = 70°. 

Figure 12.- Continued. 



(d) Models 4~ and 4 ~ ;  A = 60'. 

Figure 12.- Continued. 



( e )  Models 5A and 5B; A = 50°. 

Figure 12.- Concluded. 



(a) Model LA; A = 800. 

Ffgure 13.- Effect of angle of attack on the pressure distributions 
over the basic A-series models (square leading edge). 



(b) Model 2A; A = 750. 

Figure 13.- Continued. 
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(c) Model 3 ~ ;  A = 700. 

Figure 13.- Continued. 



(d) Model 4 ~ ;  A = 600. 

Figure 13.- Continued. 
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(e)  Model 5A; A = 50°. 

Figure 13.- Concluded. 



(a) Model lB; A = &lo. 

Figure 14.- Effect of angle of attack on the pressure distributions 
over the basic B-series models (round leading edge). 



(b) Model 2B j A = 750. 

Figure 14. - Continued. 
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( c) Model 3B; A = 700. 

Figure 14. - Continued. 
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(a) Model 4 ~ ;  A = 60°. 

Figure 14.- Continued. 
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(e) Model TBj A = 50°. 

Figure 14. - Concluded. 



(a) a = 450. 

Figure 15.- Effect of wing sweep angle on the pressure distributions 
over the basic B-series models (round leading edge). 
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(b) a = 510. 

Figure 15.- Continued. 



(c) a = 600. 

Figure 15.- Continued. 
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(a) a = 70°. 

Figure 15.- Continued. 



(e)  a = 800. 

Figure 13.- Continued. 



(f) a = go0. 

Figure 15.- Concluded. 



A 2 5-term hypersonic approximation 
(see appendix) 

B -------Oblique-shock theory, M,=a (ref. 16) 

c ---sin2 a 

D ----Oblique -shock theory, M, = 2.91 

a, deg * semi- infinite cylinder (ref. 6) 

Figure 16.- Summary of asymgtotic pressures measured on the windward surface center l ine  of 
blunt delta wings a t  angles of attack, normalized by the stagnation pressure behind a 
nomud shock. 



(a) Model U3; A = 80°. 

Figure 17.- Comparison of the pressure distributions obtained on %he 
B-series models with an expression related t o  impact theory., 



(b) Model 2@ ; A = 750. 

Figure 17. - Continued. 



(c) Model 3@) j A = 700. 

Figure 17.- Continued. 



( a )  Model 4 ~ ;  A = 600. 

Figure 17.- Continued. 



(e) Model 5Bj A = 50°. 

Figure 17.- Concluded. 



Exact, oblique 
X Exact, normal 

- - -  . 3-term approx. 
- - - - -  5-term approx. 

Figure 18. - Camparlsons with exact shock theory for Mm = 03 ( f 
Love ' s work) . 






